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NATIONAL AERONAUTICS AND SPACE ADMINISTRATION 

TECHNICAL MEMORANDUM x-688 

INVESTIGATION OF HEAT TRANSFER AND 

PRESSURES ON HIGHLY SWEPT FLAT AND DIHEDRALED DELTA WINGS 

AT MACH NUMBERS OF 6.8 AND 9.6 AND 

ANGLE3 OF ATTACK TO goo* 

By James C . Dunavant 

SUMMARY 

Investigation of the pressures and heat t ransfer  t o  de l ta  wings of 
various sweeps, dihedral angles, and Mach numbers shows tha t  over the 
range of angle of attack from 0' t o  goo widely different types of flow 
f i e lds  exist. Knowledge of these types of flow f i e lds  and the angle-of- 
attack ranges f o r  which they are present greatly enhances the prediction 
of pressure and heat t ransfer  t o  de l ta  wings. Spanwise pressure d i s t r i -  
butions are predictable from a strip-type flow a t  very low angles of 
a t tack and from a cross-flow distribution a t  high angles of attack. 
Similarly, much of the heat t ransfer  i s  found amenable t o  prediction 
based on a single predominant type of flow peculiar t o  the angle of 
attack. 
predicted by using a strip-type flow. 
35O t o  65' the center-line heating is  best  estimated from a streamline 
divergence theory and the spanwise distribution from a cross-flow theory. 
Near 90' angle of attack the flow w a s  c lear ly  three dimensional and not 
predictcable by two-dimensional theories. 

I n  the angle-of-attack range from Oo t o  25' the heating i s  best 
A t  angles of attack from about 

INTRODUCTION 

Considerations of high l i f t  and leading-edge heating make the highly 
swept de l ta  wing a t t rac t ive  f o r  high-lif t ,  low-heating, hypersonic glide 
and reentry vehicles. 
speeds both t o  the c r i t i c a l  leading edge and the surface of the wing are 
inf luent ia l  i n  determining vehicle design. 

The heating rates t o  de l ta  wings at hypersonic 

L i t t l e  i s  known about the 
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heat-transfer characterist ics of de l ta  wings over the angle-of-attack 

Thus far no generalized flow-field solution applicable over th i s  range 
of angle of attack fo r  del ta  wings has been found. I n  order t o  supply 
some of the necessary information f o r  the successful application of the 
de l ta  wings t o  hypersonic f l i gh t ,  a ser ies  of delta wings has been 
tested.  
angles from 0' t o  26O, sharp and blunt leading edges, and Mach number 
e f fec ts  at  6.8 and 9.6 i n  air  and 18 i n  helium. 

range from 0' t o  go0, the range of in te res t  i n  gl ider  ,and reentry work. 

The variables studied have been sweeps of 60° and 75O,  dihedral 

Previously, portions of the data and conclusions contained herein 
were presented i n  reference 1. 

SYMBOLS 

A constant 

a speed of sound 

C root chord 

specific heat of gas a t  constant pressure 

coefficient i n  l inear  equation f o r  viscosity 

specific heat of skin material at w a l l  temperature 

cP 

C 

cw 
D 

h 

J 

k 

k, 
m 

M 

N P r  

diameter 

heat-transfer coefficient, q 
Te - Tw 

exponent i n  power-law equation 

thermal conductivity of gas 

thermal conductivity of skin material 

mass per uni t  area 

Mach number 

Prandtl nurdber 
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Stanton number based on free-stream conditions unless other- 
w i s e  noted 

s t a t i c  pressure 

stagnation pressure behind normal shock 

heat flow per uni t  time and area 

Reynolds nmber based on free-stream conditions unless other- 
w i s e  noted 

Reynolds number based on distance from leading edge 

ab solute temperature 

equilibrium temperature 

time 

velocity 

distance pa ra l l e l  t o  chord 

distance perpendicular t o  chord 

angle of attack 

angle of attack of wing panel t o  wind 

angle between shock and free stream 

wing semiapex angle 

r a t io  of specific heats 

w a l l  thickness 

flow angle measured from wing center l i n e  

theoret ical  flow angle a t  leading edge 

angle of ray through vertex measured from center l i n e  or  
ridge 

density 
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cr viscosity 

r dihedral angle, angle between plane of leading edges and wing 
panel measured i n  plane normal t o  plane of leading edges 
and center l i n e  

A sweep angle 

Subscripts : 

b 

C 

CZ 

2 

!rh 

LJ3 

N 

t 

W 

(r 

03 

2-dim 

component of f low normal t o  ray angle 

chord, root o r  chordwise 

on center l i n e  

based on conditions just  outside boundary layer 

theory 

leading edge 

component of free-stream flow normal t o  wing-surface plane 

t o t a l  

w a l l  

behind normal shock 

free stream 

two-dimensional 

Super scr ipts  : 

I boundary-layer reference condition 

* sonic 

APPARATUS, MODELS, AND METHODS 

Apparatus 

The tests were conducted i n  the Langley 11-inch hypersonic tunnel 
which i s  an intermittent blowdown f a c i l i t y  w i t h  a running t i m e  of 1 
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t o  2 minutes. 
used i n  a par t  of the tests the Mach number varied w i t h  Reynolds number 
and t o  a small extent w i t h  time. 
0.05 x 106 and 0.20 x lo6 the measured Mach numbers were 6.6 and 6.8, 
respectively. 
rectangular cross section and a measured Mach number of 9.6 a t  a Reynolds 
number per inch of 0.1 x 10 6 . 
fo r  the M = 7 nozzle and 1 ,660~ R fo r  the M = 10 nozzle. A more 
detailed, description of the tunnel and some calibration data fo r  the 
nozzles may be found i n  references 2, 3 ,  and 4. 

I n  the two-dimensional nominal Mach number 7 Invar nozzle 

A t  Reynolds numbers per inch of 

The nominal Mach number 10 nozzle had a three-dimensional 

Air w a s  preheated t o  approximately 1 ,160~ R 

A contoured axisymmetric Mach number 18 nozzle using helium at  
atmospheric temperature w a s  employed for  one heat-transfer test .  
nozzle had a calibrated Mach number of 17.8 at a Reynolds number per inch 
of 0.5 x lo6. 
and design are given i n  references 5 and 6. 

The 

Calibration data and a detailed description of the nozzle 

Models 

Sketches and dimensions of the eight wing models tested are shown 
i n  figure 1. 
On model V I  the  instrumented surface w a s  0.050 inch thick. Variation i n  
the instrumented skin thickness on any model was  no more than 0.0013 inch. 
Model size w a s  largely limited by tunnel size, the smaller models being 
designed fo r  operation a t  higher angles of attack. 
were made from top and bottom sheets, prebent and preinstnunented; they 
were brazed together at  the leading edge on a r o l l  seam e l ec t r i c  welding 
machine. 
the length of the seam. After braz'lng, leading edges were ground t o  a 
thickness of 0 .001to 0.002 inch. 

Models I t o  V were formed of Inconel sheet 1/32 inch thick. 

The sharp-edge models 

Braze material w a s  a 0.002- by 1/8-inch ribbon of material, 

On the models w i t h  0.1-inch leading-edge radius, the  blunt leading 
edges w e r e  bent in to  the surface t o  be instrumented. Thus, the instru- 
mented'portion of the model and leading edges were of continuous sheet. 
The other surface w a s  bolted t o  the leading edge just  beyond the 
shoulder, and the lap  joint  w a s  smoothly fairea. 
were mechanically fastened t o  a l/b-inch-thick base plate  and integral  
s t ing f o r  mounting i n  the  tunnel. 

The assembled skins 

Model VI1 w a s  designed t o  operate at angles of attack t o  90'. 
Separate pressure and heat-transfer models were made. 
was a 3/16-inch-thick square-edge p la te  with exposed pressure leads nm- 
ning inside a s t ing  attached t o  the rear surface near the center of the 
model. 
0.080-inch-thick square-edge steel plate supported by three small pins 

The pressure model 

The heat-transfer model w a s  similar except the surface was  an 

d 
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( t o  reduce conduction) from a windshield behind the model. 
shield extended nearly t o  the edge of the model and w a s  separated from 
the edge of the model by a 0.015-inch air gap f o r  insulation. 
w a s  made of sol id  brass and w a s  instrumented fo r  pressures but not fo r  
heat transfer.  

The wind- 

Model VIII 

Thermocouple and pressure-orifice instrumentation w a s  instal led 
before assembly of the sheet-metal welded models. Chromel-alumel thermo- 
couple wires (No. 30 gage) were spot welded t o  the surface separately 
but less than 1/32 inch apart. Pressure or i f ices  and leads had a 
0.060-inch inside diameter at the model surface. L 
increased t o  approximately 0.1k-inch inside diameter just  beyond the 9 
model sting. A l l  instrumentation leads came out through the s t ing i n  2 
the base of the model. 8 
given f o r  each model i n  table I. On models having both pressure or i f ices  
and thermocouples, pressure or i f ices  were located on one-half of one sur- 
face of the model and thermocouples on the other half of the same sur- 
face; thus the pressures and temperatures were both recorded during the 
same tes t  although at different t i m e s .  
time required f o r  pressure-instrument s tabi l izat ion the thin-skin models 
heated severely. 
the heating and the other was sheltered, the d i f fe ren t ia l  heating of the 
two skin surfaces caused the model t o  bend. The chordwise bending of 
the model w a s  observed i n  the schlieren photographs. 
that the models a lso bent i n  the spanwise direction although this w a s  
not observed. Upon cooling the model returned t o  its original shape. 
A t  the  time the heat t ransfer  w a s  measured (approximately 2 seconds 
after the  start of the flow) no bending of the  models could be detected 
i n  the schlieren photographs. The teqerature differences between the 
surfaces of the model were so l i t t l e  that the models could not be deformed 
a t  this t i m e .  The surfaces of pressure models V I 1  and VI11 which were 
made of a single skin were not bent a t  the end of the t e s t .  
of thermal dis tor t ion of the models on measured pressures are discussed 
with the  presentation of the pressure data. 

Orifice lead size w a s  

Pressure-orifice and thermocouple locations are 

During the 60-second running 

Where one side of a model w a s  par t icular ly  exposed t o  

It i s  believed 

The ef fec ts  

M e t  hods 

Pressures.- Pressures were recorded on six-cell  aneroid recording- 
type pressure instruments and were read a t  approximately 60 seconds after 
the start of the tes t  t o  insure that the instruments were f i l l y  stabi- 
lized. The accuracy of the  c e l l s  i s  d- percent of the full-scale deflec- 

2 
t ion.  Maximum inaccuracy of pressure measurements i s  estimated t o  be 
k3 percent. 
the heat-transfer tests w a s  measured from schlieren photographs taken 
2 seconds after the start of the test .  

The angle of a t tack f o r  the pressure tests as w e l l  as f o r  

d 
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Heating.- Aerodynamic heating w a s  measured by the transient calorim- 
e t r y  technique by which the rate of heat storage i n  the skin i s  measured. 
Temperatures of the skin were continuously recorded on two 18-channel 
D'Arsonval type galvanometers calibrated f o r  temperature. 
temperature w a s  stabil ized through the e l ec t r i ca l  heater by bygassing 
the air around the tunnel. A quick-opening valve released a i r  t o  the 
nozzle at  zero test time. Temperature-rise rates were read as soon as 
the flow conditions were stabil ized and w h i l e  the model w a s  a t  a nearly 
constant temperature and conduction w a s  a minimum. 
onds were required t o  s tab i l ize  the stagnation temperature and pressure 
i n  the nozzle; however, because of the higher mass flow i n  the 
M = 7 nozzle 2.5 t o  5 seconds were required t o  s tab i l ize  the flow. 
Thus, conduction w a s  significant par t icular ly  i n  the M = 7 tests and 
the measured 
dynamic heating as follows: 

The airflow 

Approximately 2 sec- 

M =10 

g w a s  modified by a conduction term t o  give the aero- 

tur I n  practice it w a s  found tha t  the m a x i m  temperature gradient w a s  i n  
a direction perpendicular t o  the leading edge and significant only i n  
the leading-edge region. Temperatures were plotted against distance 

from the leading edge and w a s  determined graphically. 

The maximum conduction occur'ring in-& of the tests w a s  40 percent of 
the aerodynamic heating. However, f o r  about 80 percent of t he  heating 
measurements at  M = 7, the conduction w a s  small enough t o  neglect. 

A single heat-transfer test w a s  made at  zero angle of a t tack a t  
Since the equilibrium temperature of the helium w a s  

approximately 460' R, the  model w a s  cooled t o  provide a temperature dif-  
fe ren t ia l  f o r  model heating. Before the tes t  a trough w a s  placed below 
the  model and packed with pulverized frozen carbon dioxide which cooled 
the model t o  a temperature below 340' R. 
flow w a s  i n i t i a t ed  and with the  tunnel evacuated the trough w a s  retracted 
t o  the tunnel w a l l .  
removed any remaining dry ice from the model. 
t o  one uniform temperature because of conduction, par t icular ly  i n  the 
region of the model sting and base plate .  
aerodynamically heated, the skin temperature fortuitously came t o  a 
nearly constant value at  one time during the test. 
rates were measured a t  t h i s  instant;  hence conduction w a s  pract ical ly  
zero. 

= 18 i n  helium. 

Several seconds before the 

The first blast of the tunnel main flow quickly 
The model w a s  not cooled 

However, as the model was 

Temperature-time 
w 

M 

I 
d 
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Measured aerodynamic heating w a s  reduced t o  Stanton number based 
on free-stream conditions where 

The equilibrium temperature Te 
laminar flow - tha t  is ,  

i s  always considered t o  be that fo r  

The Prandtl number w a s  assumed t o  be tha t  given at  temperature 
Since the T' equation of Monaghan ( re f .  7) i s  also a function of 
Prandtl number, Npr w a s  solved f o r  by i terat ion.  Within the range of 
these test  conditions and the assumption of local  flow, the local  value 

of 
and 0.83 at 

T ' .  

Kr w a s  found t o  vary less than 1 percent from 0.84 a t  M, = 7 
M, = 1Oj these values were used i n  a l l  tes t  data reduction. 

Surface f i l m  flow tests.- Shear stresses of the innermost layer of 
the boundary layer were studied by observing the  streaks i n  o i l  on the 
model surface t o  provide an indication of the boundary-layer-flow direc- 
t ion.  Such t e s t s  were made on the f la t  75' swept wing t o  angles of 
attack of 90' and on the 26' dihedraled 75' swept wing t o  angles of 
attack of 30'. Patterns made by the flow of a thick mixture of a mineral 
o i l  and lampblack distributed i n  dots over the en t i re  surface were photo- 
graphed a f t e r  the test .  A t  low angles of attack where the surface shear 
i n  the boundary layer w a s  low, portions of the model were brush coated 
with a thinner m i x t u r e  which, after the test ,  persisted as very thin 
streaks of mostly lampblack. 

DISCUSSION AND ANALYSIS 

Pre s sure s 

I n  figure 2 side-view schlieren photographs show shock waves a t  
free-stream Mach numbers of 6.8 and 9.6 on the flat, sharp-leading-edge, 
75' swept-wing models (square-edge models a t  high angles of attack) at 
angles of attack from approximately Oo t o  goo. 
are shown of the blunt-leading-edge, 13' dihedraled, 75O swept-wing 
model at & = 9.6 

I n  figure 3 photographs 

fo r  angles of attack t o  about 30° and i n  figure 4 
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f o r  the 13O dihedraled, blunt-leading-edge, 60° swept model a t  angles of 
attack t o  47.5'. Shocks are straight on the sharp-leading-edge models 
( f ig .  2) at angles of attack t o  almost TO0. A t  a = TO0 a small curva- 
tu re  of the shock can be seen at  both I& = 6.8 and l& = 9.6 and a t  
a = 90° the shocks are highly curved. A t  a = 90' and M, = 9.6 an 
i r regular i ty  and fading out of the shock can be seen a t  the apex (top 
of photograph) which is  caused by the apex of the model protruding in to  
the tunnel-wall boundary layer. 
cernible a t  a = 70' and & = 9.6 but is not seen a t  a = goo and 
l& = 6.8 where the tunnel-wall boundary layer i s  thinner. 
on the pressures of the apex protruding in to  the boundary layer i s  dis- 
cussed subsequently. 

This condition i s  also barely dis- 

The effect  

Shocks on the blunt-leading-edge, dihedraled, A = 75' and A = 60° 
models, shown i n  figures 3 and 4, are also straight except at low angles 
of a t tack as i n  figure &(a) at However, it i s  notable that 
the  curved portion due t o  the flow about the  apex extends many nose 
diameters from the apex at low angles of a t tack but i s  confined t o  per- 
haps 1 o r  2 diameters at angles of attack greater than roughly 15O. A 
plo t  of side-view shock-wave angles measured from photographs taken i n  
the tests a t  & = 9.6 are sham i n  figure 5. The shocks are seen t o  
l i e  considerably closer t o  the wing surface than f o r  a two-dimensional 
wedge-type flow. 
has shock-wave angles which are only s l igh t ly  l e s s  than those of the 
75' swept wings i n  the range of angle of a t tack from loo t o  25'. 
angle of attack used f o r  comparison of w i n g s  having dihedral i n  this  
paper is the Newtonian panel angle of a t tack ar 
angle of the inclined wing panel (semispan wing) t o  the free stream 
and i s  

a' = 1.1'. 

The wing with the  lower sweep angle, model V (A = 60°), 

The 

which i s  the minimum 

tan  I' t an  E cos a + s in  a s in  a' = 

Comparison of the shock-wave angle f o r  t h i s  angle of attack shows no 
difference f o r  dihedraled wings (up t o  26' dihedral). 
reference 1 pressures on the center l i ne  beyond the influence of the 
apex may be correlated with the angle of a t tack a' 
angles at least up t o  So. 

A s  w a s  shown i n  

f o r  dihedral 

Spanwise and chordwise dis t r ibut ions of pressure on the thin-wall 

It i s  noted 
heat-transfer models I, 11, 111, IV, V, and VI are shown i n  the top 
portions of f igures  6, 7, 8, 9, 10, and 11, respectively. 
that these pressures are known t o  be i n  e r ror  due t o  thermal dis tor t ion 
during the re la t ive ly  long running t i m e  (1 minute) required t o  s tab i l ize  

d 
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pressure measurements. I n  figures 2 asd 3 bending of the model i n  the 
forward portions can be observed i n  the photographs fo r  a = Oo and 20°. 
Successive photographs of models made during tests indicated that this  
bending increased with the model temperature t o  a maximum deflection of 
the apex of about 9'. This deflection could cause a maximum increase 2 
i n  pressure of 100 percent at  Oo angle of attack and 20 percent at 
30' angle of attack. Although only a chordwise bending of the model 
w a s  observed, measured skin-temperature different ia ls  would also indi- 
cate the probability of a bending i n  the spanwise direction but of a 
smaller magnitude because of the greater cross-sectional area. 

Models VI1 and VI11 were of different construction and showed no 
bending except a small amount near the sharp apex of model V I I I .  
sure distribution from these models f o r  the angle-of-attack range from 
0' t o  90' are shown i n  figures 12 t o  15. 
sures are divided by 
shock at  the  free-stream Mach number. 
a t  a l l  angles of attack is  almost constant along the  chord except for  
a f e w  effects  which are t o  be noted. 
on model VIII (a = 0' t o  30') the pressure i s  higher near the apex 
(f ig .  12). A t  a = 0' the pressure i s  approximately tha t  predicted 
by boundary-layer displacement (ref 4) but the high pressure near the 
apex persists t o  angles of attack of 30' where the boundary-layer- 
displacement effect  i s  negligible. 
the slight amount of upward bending of the model near the apex, because 
at 
constant fo r  the en t i re  chord a t  both &, = 6.8 and 9.6. 

Pres- 

The measured surface pres- 
pmax which is  the  t o t a l  pressure behind a normal 

The pressure on the center l i n e  

I n  the low-angle-of-attack tests 

This condition i s  probably due t o  

a = 30° model V I 1  (f ig.  13) did not bend and the pressures are 

A t  angles of attack above about 60' (fig. 13) a t  both Mach numbers, 

A t  90' angle of attack 
pressures near the t r a i l i n g  edge are less than those near the center of 
the model, a condition typical of an end effect .  
the pressure w a s  a maximum at x/c = 0.75 but at  s l igh t ly  lower angles 
of attack the maxFmwn point moves forward t o  about 
& = 6.8. %e lower pressures near the apex a t  & = 9.6 are caused 
by the apex of the  model extending beyond the cone of uniform flow i n  
t h i s  nozzle. 
constant for  the en t i re  length of the model. 

x/c = 0.2 f o r  

A t  angles of attack of ' jOo and below pressures are almost 

Successful correlation of delta-wing surface pressure has been 
shown i n  references 1 and 8 f o r  pressures on the wing center l i nes  at  
distances from the nose where the pressure i s  invariant w i t h  distance. 
.As indicated by both pressure measurements and the straightness of the 
shock waves i n  side view, the center-line pressure w a s  invariant with 
distance far from the apex of the wings. 

Spanwise distributions of pressure for  the 
(models VII: and VIII) are plotted i n  figures 14 

f la t  75' swept wings 
and 15. A t  angles of 
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at tack of 50' and above (figs. 14(a) t o  (e ) )  the distribution of pres- 
sure i s  similar t o  that of cross-flow pressure dis t r ibut ion where the 
pressure at  any x/c s ta t ion decreases from a maximum on the center 
l i n e  t o  the pressure f o r  sonic velocity at the edge. 
expected tha t  a t  even lower angles of attack t h i s  typical  cross-flow 
dis t r ibut ion of pressure would exis t ;  however, even at 
the component of the free-stream Mach number normal t o  the surface i s  
4.8 f o r  % = 9.6, the  surface pressure i s  nearly constant spanwise. 
(See f igs .  15(a) and 14(g) .) A t  the lowest angles of attack 
(figs. 15(b) and (c))  the pressure i s  highest near the edges. 

It would be 

a = 30°, where 

Hypersonic Flow Field and Viscid Surface Flow 

Theory.- The inviscid f l a w  f i e l d  between the shock and the  surface 
To of a f la t  del ta  wing at posit ive angle of a t tack i s  indeed complex. 

obtain an approximate solution t o  par t  of the flow f i e ld ,  it i s  con- 
venient t o  analytically divide the flow in to  components which are more 
eas i ly  approximated. Thus, the flow at the surface of a de l t a  wing may 
be divided in to  a component pa ra l l e l  t o  the center l i n e  and a cross- 
flow component normal t o  the center l ine.  The component of velocity 
on the surface parallel t o  the chord i s  approximately the  component of 
the free-stream velocity pa ra l l e l  t o  the chord: 

uc = u, cos a ( 2 )  

The component of the flaw normal t o  the center l i n e  i s  produced by the 
component of free-stream velocity normal t o  the wing surface. 
component i s  approximated from a data correlation of velocity over a 
disk normal t o  the flow at  Mach numbers f o r  which the flow i s  essen- 
t i a l l y  invariant with Mach number. 
w a s  used rather than that f o r  a two-dimensional f la t  face because the 
disk data were available and a very small amount of unpublished two- 
dimensions data showed nearly ident ical  surface veloci t ies . )  Such 
data have been correlated f o r  sharp-edge disks and disks of various 
edge r a d i i  and are presented i n  figure 20 of reference 1. 
cross-flow component of velocity on the delta-wing surface i s  approx- 
imated from the surface velocity on a disk normal t o  the flow where 

This 

(A  data correlation f o r  a disk 

Thus, the 

For a sharp-leading-edge de l t a  wing,  superposition of the disk flow 
w a s  used as 

d 
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With these assumptions the angle of the flow from the center l i ne  of the 
w i n g  made by adding the vectors of the two f l o w  components i s  then 

Since 

ub - cos cp 
tan e = %N 

ub cos a - - sin cp uoo - 
,N a-t J 

then equation (3) becomes 

- ub cos cp 
“t ,N tan 0 = 

( 3 )  

(4) 

cos u ub - - sin cp 
1 + T ( ~  Y - 1  sin a)2 %N 

The angle of the flow a t  the leading edge of the wing may be obtained 

0.913, and since the cross-flow com-ponent i s  sonic, tha t  is, - = U* 

at ,N 

0.913 COS 
t an  e* = 

cos a - 0.913 s in  ’PIJE 
I 

A t  high angles of attack it is possible that the flaw angle a t  the 
leading edge i s  greater than the leading-edge angle, A 
minimum angle of attack f o r  this condition (e* = b) and several 

E)* > 
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sweep angles i s  shown i n  figure 16 fo r  
angle of attack i s  not very sensit ive t o  Mach number i n  the moderate and 
high Mach number range. The curves are terminated at  the sonic normal 
component Mach nmber, & s in  a = 1.0. However, it i s  reasonable t o  
assume tha t  a much higher normal component Mach number would be required 
t o  produce the cross-flow dis t r ibut ion of velocity that i s  invariant 
w i t h  Mach number. 

7 = 7/5. Note that the minimum 

Oil-flow tes t s . -  Photographs of oil-flow traces  on a f la t ,  sharp- 
leading-edge, 7 5 O  swept de l ta  wing a t  are shown i n  figure 17. 
The variation of the oil-flow directions w i t h  angle of attack i s  pro- 
nounced. the flow i s  i n  towards the center of wing as a 
result of the high boundary-layer induced pressures near the leading 
edges of the wing and the re la t ive ly  low pressure far ther  i n  from the 
leading edge. 
having re la t ive ly  blunt leading edges. It i s  not t o  be assumed tha t  
these oil-flow t races  (par t icular ly  at  a = Oo) are the inviscid-flow 
directions but rather that they indicate the sense of the flow of the 
inner edge of the boundary layer and probably do not coincide with the 
inviscid-flow directions as shown i n  references 1 and 8. AII angle of 
a t tack of 15' reduces the inward flow so that the ent i re  surface flow is 
almost pa ra l l e l  t o  the center l ine.  
flow increasingly away from the center of the wing with a l l  streamlines 
passing through the apex of the  de l ta  wing. 
that at  
i s  a l i t t l e  greater than the leading-edge ray angle and the leading edge 
of the wing has i n  the sense of air-flow direction become a t r a i l i n g  
edge. When t h i s  condition occurs, a parting l i ne  similar t o  a stagna- 
t i on  l i n e  moves on t o  the wing from the leading edge. Increasing the 
angle of attack moves the parting l i ne  away from the leading edge u n t i l  
it reaches the center of the wing at  an angle of attack of about 45'. 

& = 9.6 

A t  a = 0' 

A similar result i s  shown i n  reference 8 f o r  de l ta  wings 

Higher angles of a t tack produce a 

It i s  of i n t e re s t  t o  note 
a = 30° the angle of the o i l  t races  a t  the edge of the wing 

Measured oil-flow angles as a function of ray angle are presented 
i n  figure 18(a) f o r  angles of at tack of 30°, 45O, and 60. 
flow angles calculated from the  disk cross-flow dis t r ibut ion are seen 
t o  underestimate the measured oil-flow angles. 
flow angles are correlated by dividing by 
leading edge; t h i s  produces a dis t r ibut ion of flow angle similar t o  tha t  
of the theory but higher than the theory by nearly a factor of 2. 
a result m i g h t  be anticipated, inasmuch as the pressure gradient a t  
high angles of at tack i s  l i ke ly  t o  cause a boundary-layer-flow direction 
having angles greater  than the  inviscid-flow theory would predict .  

Inviscid 

I n  figure 18(b) the 
e*, the flow angle a t  the 

Such 

A t  the two highest angles of attack, a = 7 5 O  and a = 90' 
(figs. 17(f) and (g)) ,  the oil-flow angles were not constant along the 
ray and a three-dimensiond stagnation point appears a t  a = 7 5 O  near 
the quarter-chord s ta t ion and moves back t o  about two-thirds chord 

d 



a t  a = 90'. 
edges having influence on the en t i r e  inviscid f l o w  f i e ld  between the 
shock and the  wing surface. A theory based on the transformation of 
the known flow pattern on a disk t o  a de l ta  wing at  goo angle of attack 
w a s  presented i n  reference 8 and w a s  found t o  accurately predict the 
streamline pattern and the  pressure on the wing. However, comparable 
results cannot yet be obtained at angles of a t tack less than goo. A s  
discussed i n  reference 8 secondary flows i n  the  boundary layer would be 
expected t o  be less f o r  the de l ta  wing at 
of attack when the flow approaches a radial distribution. 

The flow f i e l d  must be subsonic throughout w i t h  all three 

a = 90° than at  lower angles 

Photographs of oil-flow traces  on a wing having 26O dihedral a t  a 
Mach number of 9.6 are shown i n  f igure 19. A t  a' = Oo (keel l i n e  
para l le l  t o  the flow) the  o i l  flow shows an inflow towards the keel l i ne  
of the model as did the  f lat  Wiwj however, with the presence of the 
keel the f l o w  l i nes  from the two panels now intersect  with a significant 
angle at the  keel. (Compare with f ig .  l7(a) .) A t  a' = 13. 5° the  o i l -  
flow l i n e s  are out from the  keel l ine ,  whereas on the f la t  wing at this 
angle of attack the  o i l  flared approximately para l le l  t o  the center 
l ine .  (See f ig .  17(b).) I n  figure lg(c) for  a' = 270, there i s  a 
strong outward flow of the o i l  and the f low angles even at the keel l i n e  
are large. (Compare with f ig .  l7( c )  . ) 

If each panel of a dihedraled delta wing i s  considered separately, 
a surface angle may be obtained from a Newtonian type of f l o w  analysis. 
This f l o w  direction i s  along the  surface streamline tha t  requires the 
l ea s t  deflection of the free-stream flow. 
definit ions used herein tbe angle of the surface flow from the keel l i ne  
i n  the plane of the  w i n g  panel i s  given by 

I n  terms of wing-geometry 

s in  a + cos a tan I? t an  E s in  8 = 

where 8 i s  measured i n  the  plane of the w i n g  panel and a i s  the 
angle of a t tack of the plane of the leading edges. 
oil-flaw angles measured at  a' = 270 ( f ig .  l g (c ) )  are plotted f o r  the 
spanwise location. The trend of the angle variation i s  similar t o  that 
of the f la t  wing ,  as sham i n  f igure 18( a)  , but the angle i s  greater by 
almost a constant increment. 
addition of a constant (with span) incremental angle of the flow due 
t o  Newtonian component and an inviscid f l a w  angle derived as f o r  the 
f lat  wing from the cross flow on the  equivalent disk. 
i n  f igure 20 overestimates the flow angle inboard and underestimates 

In figure 20 the 

A theory can be predicted, based on the 

T h i s  value shown 
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the angle outboard, whereas the  theory consistently underestimated the 
flow angle fo r  the f la t  wing ( f ig .  18(a)). 

Heat Transfer 

Theory.- If the observed oil-flow patterns can be considered a 
valid indication of the inviscid flow f i e l d  over the de l t a  wing, then a 
continuously varying (with angle of attack) flow f i e l d  i s  seen t o  change 
from a flow direction nearly parallel t o  the  chord at  l a w  angles of 
a t tack t o  one with very large spanwise f l o w  components a t  high angles 
of attack. Comparison of some simple calculations of the  flow f i e l d  
with experhenta l  data has produced an inconclusive resu l t  i n  tha t  con- 
siderable differences did ex is t ,  even though logical ly  explainable, 
between the measured oil-flow angles and the calculated flow angles. 
Even though a generalized flow-field solution i s  lacking, heat t ransfer  
can be predicted f o r  some f l o w  regimes, based upon an idea l  flow. 
re la t ive ly  l o w  angles of attack ( 5 O  or loo) the  oil-flaw streamlines 
were nearly pa ra l l e l  t o  the wing center l ine.  For t h i s  case a s t r i p  or 
f la t -p la te  value of the Stanton number may be obtained from the Blasius 
skin-friction value and a modified Reynolds analogy by using the 
reference-temperature T' method ( r e f .  7). The heat-transfer corre- 
la t ing  parameter, with Reynolds number based upon the s t r i p  distance 
measured pa ra l l e l  t o  the center l i n e  from the leading edge i s  

A t  

x, 

where 
boundary layer. 
d i t ion  is 

C ' = (p 'T) /(yT' ) and local conditions are jus t  outside the 
The correlating parameter based on the free-stream con- 

I n  figure 21 this relationship, called l d n a r  s t r i p  theory, i s  plotted 
against angle of a t tack fo r  nominal tunnel conditions at a Mach number 
of 9.6. 
using the  angle of at tack as the wedge angle. 

Local conditions are obtained from oblique shock theory by 

I n  the high angle-of-attack regimes where significant spanwise f l a w  
i s  present, the heating at  the stagnation point may be calculated from 
the  velocity gr-ent by assuming tha t  this gradient i s  produced by the 
component of the free stream normal t o  the surface. Also, it i s  assumed 

i 
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t h a t  the tangential  component of velocity influences only Te. Squire 
(ref. 9 )  found that the Nusselt number Nu 
point of a two-dimensional blunt body i n  incompressible flow is  

at  the forward stagnation 

where a3(0) = 0*57(Npr) 0.4 , P 1  = du/dx, d i s  a characterist ic 

length, and v i s  the kinematic viscosity. I f ,  as Sibulkin did fo r  
the hemisphere (ref. 10) , the free-stream conditions are assumed t o  be 
those behind the normal shock, then the heating i n  the present notation 
i s  

h 

and the  heat-transfer 
nation l ine ,  based on 

( 9 )  

correlating parameter f o r  a two-dimensional stag- 
upstream conditions, i s  

This equation can be applied t o  the center l i n e  of the de l ta  wing. The 
velocity gradient on the center l i ne  may be approximated (using the 
disk-flow velocity-gradient correlation of ref. 1) f o r  a sharp-leading- 
edge wing by 

where x and y re fer  t o  the chordwise and spanwise coordinates, 
respectively. 

From equations (4) , (10) , and (11) the heat-transfer correlating 
parameter f o r  a de l ta  wing i s  

L 
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This relationship, called cross-flow theory, i s  also plotted i n  figure 21 
for  nominal Mach number 9.6 nozzle conditions. 
ert ies behind the shock, the shock w a s  assumed t o  be para l le l  t o  the wing 
surf ace. 

* 
To obtain the f l o w  prop- 

If x and y are coordinates of the surface streamlines, the f l o w  
angle near the center of the wing may be obtained from equation ( 3 )  as 

L 

3 

Again from the disk cross flow of reference 1, the spanwise velocity 
near the center of a sharp-leading-edge de l ta  wing may be approximated 
as ( i n  the present notation) 

Substituting equation (14) in to  equation (13) yields 

and integrating gives 

The equation for  the i n i t i a l  shape of the streamlines near the center 
of the  wing i s  then 

y = A x  

Substituting equations (2) and (4) in to  equation (16) yields 

d 
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Now, i f  y i s  assumed t o  be equal t o  the  radius on an axial ly  symmetric 
body at 0' angle of attack, the  divergence of the body surface stream- 
l ines  with respect t o  the  ax ia l  length w i l l  be d i rec t ly  proportional t o  
the divergence of the delta-wing streamlines. Then, i f  the loca l  f l o w  
conditions are assumed t o  be equal on the body and on the wing and i f  the 
body surface and ax ia l  lengths are equal., the Mangler transformation 
(ref. 11) can be used t o  obtain the r a t i o  of the correlating parameter 
fo r  the  divergent and nondivergent flow as 
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where j 
are the nondivergent two-dimensional values. 
obtained from the work of Vaglio-Laurin i n  reference 12. 
called streamline divergence theory, i s  also plotted i n  figure 21. 
Local conditions, constant along the chord, w e r e  assumed t o  be those 
given by a single oblique shock from the delta-wing pressure correla- 
t i o n  of reference 1. 

i s  the exponent i n  equation (17) and the quantit ies with bars 
A similar result may be 

This relation, 

Center-line heating.- Heating measured at = 9.6 along the 
center l i ne  of models I and VII (flat, sharp-leading-edge, 750 swept- 
wing models) i s  plotted i n  figure 21. 
increased heating with angle of a t tack and agree w e l l  with the s t r i p  
theory i n  the angle-of-&tack range from about 0' t o  25O. 
might have been expected from the oil-flow tests which showed a flow of 
the o i l  generally para l le l  t o  the  root chord i n  t h i s  angle-of-attack 
range from 0' t o  30'. 
not discernible i n  f ig .  21) change i n  .the heating which i s  discussed i n  
the section en t i t l ed  "Effects of Mach number. Beginning at  a = 30° 
the heating deviates markedly fromthe s t r i p  theory and compares better 
with the streamline divergence theory up t o  angles of a t tack of 60° or  
TO0 where the data no longer are correlated by the parameter NSt.. 
A t  angles of a t tack of 70' and above the wing shock i s  curved i n  side 
view and the correlation based on a single character is t ic  length, e i ther  
chordwise or  spanwise, i s  expected t o  break down. 
pattern a t  a = 90' (fig. l7 (g) )  shows a three-dimensional. stagnation 
point on the center l i n e  at about two-thirds of the  root chord. The 
cross-flow theory predicts the heating i n  the angle-of-attack range 
from 7Q0 t o  40' f o r  approximately the midchord station; however, being 

The data match the trend of 

This resul t  

A t  a = Oo, there i s  a significant (although 

Indeed the f l o w  * 
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w a correlation based on span and neglecting any chorttwise component of 
the flow,  th i s  simple theory cannot predict the heating where the f l aw 
pattern i s  three-dimensional a s  a t  a = YOo. A t  & = 60° the cross 
flow does predict the heating, but at lower angles of attack it under- 
predicts the heating by neglecting the  large chordwise component of the 
f law.  Thus, it can be seen that much of the heating on the center l i n e  
of the del ta  wing can be estimated by using a theory appropriate t o  the 
f l o w  pattern peculiar t o  the angle-of-attack range. 

Spanwise heating distribution.- To f a c i l i t a t e  the interpretation 
of the variation of heat t ransfer  over the de l ta  wings, loca l  heating 
i s  divided by a theoret ical  laslinar heating calculated fo r  the center- 
l i n e  station. 
models I through v1: are compared w i t h  s t r ip  theory distribution since 
most of these t e s t s  were at angles of a t tack less than 30°. 
t ion  of heating and pressure f o r  these models are shown i n  figures 6 
t o  11. 
t ion from oblique shock,theory, s t r i p  theory defines the variation of 
heating w i t h  span which i s  also Shawn i n  these figures. 
generally show agreement w i t h  the strip-theory heating distribution. 

shown i n  figure 11 fo r  which much of the flow w a s  turbulent) between 
strip-theory distribution and the measured heating i s  that the theory 
overpredicts the heating near the center of the wing at low angles of 
a t tack and also i n  the regions adjacent t o  the leading edges at angles 
of attack near 30'. 
w h e r e  laminar flow occurred. 
the keel l i n e  equally good agreement w i t h  theory i s  shown fo r  the blunt- 
leading-edge models (models N and V i n  figs. 9 and lO(a) t o  (a)) f o r  
heating on the f la t  portions of the wing .  The heating very close t o  
the leading edge, however, shows a small r i s e  above the trend f o r  the 
inner portions of the wing.  This rise may be due t o  conduction from 
the hot leading edge rather than t o  aerodynamic heating but the s m a l l  
s ize  of the leading-edge radius and lack of thermocouples i n  t h i s  region 
prevent the assessment of this  effect .  

Spanwise distributions of heating f o r  the t e s t s  of 

Distribu- 

Taking the distance from the leading edge and loca l  flow condi- 
b w  The data 

* Most notable disagreement (except fo r  the high Reynolds number t e s t  

The results are similar at a Mach number of 6.8 
Except near (Clampare figs. 6 and 22. ) 

Theoretical heating on the KFng panels of the dihedraled wings w a s  
found from oblique shock theory by assuming a wedge angle equal t o  the 
wing-panel angle of attack (eq. (1)) and a s t r i p  f l o w  para l le l  t o  the 
center plane of the wing. The measured and theoret ical  distributions 
of heating f o r  the dihedraled models 11, 111, IV, and V are  shown i n  
figures 7 t o  10. The same agreement with theory and the same effects  
of the f low field as found f o r  the flat wing  are present f o r  the 
dihedraled wing. In  addition, the re la t ive ly  sharp keel l i n e  on the 
dihedraled wings causes an increase Un. the heating at the center of the 
wing above about a = loo f o r  the 13' dihedraled wings and above 
a = 5' f o r  the 26' dihedral wing .  

n 
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The heating measured on the high-angle-of-attack model with A = 75' 
i s  divided by the theoretical  center-line cross-flow heating from f ig-  
ure 21. Spanwise distribution of heating fo r  t h i s  model i s  shown i n  
figure 23 at E$ = 6.8 and i n  figure 24 a t  & = 9.6. The theory of 
Lees (ref.  13) w a s  used t o  obtain the theoretical  spanwise distribution 
of heating f o r  comparisons with the data i n  these figures. The shapes 
of the measured heating distributions clearly resemble the theoretical  
cross-flow distribution of heating above 
flow the  surface flow i s  diverging from the center of the wing 
(f igs .  l7( c) t o  (e))  but even at  a = 60° 
the f l o w  is  greater than the cross-flow component over most of the wing. 
Hence, it i s  probably coincidental that the measured distribution of 
heating should resemble the theoretical  cross-flow distribution. A t  
a = 90° 

( f ig .  21), the spanwise distribution of heating correlated by (E,) 
(figs.  23(d) and 24(g)) f o r  individual spanwise segments are very nearly 
the shape of the  theoretical  distribution. 
flow at a = 90° 
it i s  not surprising that an attempt t o  correlate heating by a two- 
dimensional method should be unsuccessful. 

a = 30'. A s  shown by the o i l  

the chordwise component of 

even though it has been seen tha t  the chordwise heating i s  not 
4 2  

It has been shown tha t  the 
i s  predictable by three-dimensional methods; however, 

Effects of Mach number.- Distributions of pressure and heat trans- 
fer on del ta  wings a t  hy-personic speeds are largely independent of Mach 
number. Most notable effect  of Mach number on pressure and heat trans- 
fer w a s  found at 
and the boundary-layer-displacement effects  were greatest. 
ure 25(a) the  pressures measured on f la t ,  sharp-leading-edge, 75' swept 
del ta  wings at 
theoretical  boundary-layer displacement pressure. 
the trend of pressure w i t h  Reynolds number f o r  the various rays w a s  
obtained a t  a l l  Mach numbers; however, fo r  this correlation, the pres- 
sure on the center-line ray w a s  usually higher than f o r  the other rays. 
The pressure gradient increases greatly w i t h  Mach number as can be seen 
i n  figure 25(a). The effect  of t h i s  gradient and i t s  increase upon the 
heat t ransfer  i s  i l lustrated i n  figure 25(b). 
measured i n  the same tests i s  compared with tha t  obtained from the  l a m i -  
nar s t r i p  theory w i t h  no pressure gradient and with tha t  obtained from 
a loca l  similari ty theory which uses the boundary-layer displacement 
pressure and pressure gradient (from refs. 14 and 15). 
effect  of the displacement pressure i s  seen at 
data and the theory. 
boundary-layer displacement pressure and pressure-gradient theory does 
not correctly estimate the  heat transfer.  
l i e s  i n  the viscid-flow paktern shown i n  figure l7(a) .  The low-energy 
f lu id  a t  the surface i s  observed t o  be flowing from both sides of the 
wing toward the center l i n e  where apparently it greatly thickens the 

a = Oo where the local  surface Mach number w a s  highest 
In  fig- 

a = 0' fo r  three Mach numbers are compared w i t h  the 
Fair  agreement of 

€Sere the  heat t ransfer  

Very l i t t l e  
M = 6.8 fo r  both the 

A t  the higher Mach numbers of 9.6 and 17.8, the 

The explanation fo r  this 

L 
9 
2 
8 



21 

boundary layer and reduces the heat transfer.  The pressure gradient 
producing th i s  secondary flow decreases w i t h  distance downstream from 
the apex. Hence, t h i s  effect  should disappear if  the wing were long 
enough but the  available data do not permit an assessment of how far 
this effect  w i l l  exist .  
of attack less than 15O (fig.  17(b)) and the effect  on heat t ransfer  i s  
negligible a t  an angle of attack of about 12' at  a Mach nmber of 9.6. 
(See f igs .  6(c)  and l l ( b ) . )  A similar secondary-flow effect  w a s  found 
i n  the  test of the blunt-leading-edge model with A = TO0 
In  this test  the secondary flow i s  caused by the high local  pressures 
i n  the vicini ty  of the leading edge and i s  further complicated by the 
flow over the blunt apex of the model. 
at  almost 0' angle of attack fo r  the blunt-leading-edge and sharp- 

Approximately the same heating distributions are shown. 

The secondary-flow pattern disappears at  angles 

(ref. 8). 

L 
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8 leading-edge wings at & = 9.6 can be made from figures 6(a) and 9(a). 

Comparison of the heat transfer 

I- 

- 

Leading-edge heat transfer.-  Heat t ransfer  measured from the thermo- 
couples located on the  forwardmost point on the blunt leading edges of - 
models I V  and V w a s  greatly affected by conduction. 
lack of detailed temperature distributions around the leading edge pre- 
vented the  calculation of the conduction, but correction for  conduction 
could hardly alter the trends of relative heating along the leading 
edge i n  any one test .  Nevertheless, it i s  interesting t o  observe some 
e f fec ts  of the apex and the flow f i e l d  on the relat ive vdues  of the 
uncorrected heat t ransfer  at  these stations.  The differences i n  the 
relat ive values of heating may be caused by changes i n  the stagnation- 
point heating rate or by some change i n  the flow f i e l d  along the  leading 
edge which on a de l ta  wing at  high angle of attack cannot be considered 
an isolated, i n f in i t e ly  long swept cylinder. It must be remembered 
that the  thermocouples were located at  the stagnation point for  the 
00 angle-of-attack condition only and the measured values of heating at  
other angles of attack are not indicative of the maximum heating on the 
leading-edge heating. The shif't of the stagnation point causes the 
point of maximum heating t o  move away from the thermocouple as the angle 
of attack increases. The measured heat t ransfer  divided by a calcu- 
la ted  leading-edge stagnation-point heat t ransfer  i s  plotted against 
leading-edge station f o r  the  75' swept-wing model IV i n  figure 26(a) 
and fo r  the 60° swept-wing model V i n  figure 26(b). 
angles of attack probably only about one-half or less of the aerodynamic 
heating i s  being measured due t o  the heat being conducted away. 
distributions d o n g  the leading edge change considerably with angle of 
attack. 
attack w a s  a t  
heBting w a s  also measured at t h i s  station. 
at stations beyond x/D = 5.8 
decrease taking place a t  high angles of attack. 
were observed on the 600 swept-wing model ( f ig .  26(b)) at 

Furthermore, the 

Note that a t  a l l  

The 

In  figure &(a) the lowest heating .measured at low angles of 
x/D = 3.2 but at the highest angle of attack the greatest 

Measured heating decreases 
a t  all angles of attack, the greatest 

x/D = 3 
Somewhat similar trends 

and 
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beyond. The shoulder, x/D = usually experienced the highest heating. 

The trend at high angles of attack of decreasing heating with chord may 
be due t o  the formation of a conical shock which l ies  far ther  from the 
leading edge at  the rearward s ta t ions than when the shock w a s  para l le l  
t o  the  leading edge at low angles of attack. 
change in.plan-view shock shape w i t h  angle of attack.) 

2' 

(See refs. 1 and 8 for  

Transition.. Stanton numbers measured at  I$, = 6.8 i n  three t e s t s  

number based on a streamwise length fromthe leading edge i n  figure 27. 
The decreasing values of Stanton number with Reynolds number show good 

a t  approximately the same angle of attack are plotted against Reynolds 
L 
9 

8 
-112 2 agreement w i t h  the laminar theory of heat t ransfer  varying as (Rx) . 

The two tests at  higher Reynolds numbers show an increasing heat trans- 
fer with Reynolds number over par t  of the model which i s  a positive sign 

of transit ion.  The heat t ransfer  varies approximately as (R,) -1/4 f o r  
the t e s t s  farther back along the model. 
the turbulent theory of Van Driest (ref. 16) i n  spi te  of the fac t  that 
Van Driest's theory i s  f o r  turbulent flow from the leading edge. 
Reynolds number a t  which t ransi t ion begins and ends on the rays through 
the vertex varies s l igh t ly  as seen i n  figure 27. 
(9 = 0') has the highest t ransi t ion Reynolds number. Hence, the turbu- 
len t  region i s  approximately tr iangular i n  shape with t ransi t ion occur- 
ring along a l i n e  nearly para l le l  t o  the leading edge but s l ight ly  
ea r l i e r  i n  the regions far from the vertex. Average loca l  t ransi t ional  
Reynolds numbers fo r  rays off the center l i ne  are shown i n  figure 28 
for  the several tests at l& = 6.8 where t ransi t ion appeared. The 
loca l  t ransi t ional  Reynolds number changes l i t t l e  with angle of attack. 
The t ransi t ional  Reynolds number also decreases with a decrease i n  
Reynolds number per inch, a resul t  that has been observed on other 
configurations. 

These values compare w e l l  with 

The 

The center-line ray 

CONCLUSIONS 

Results of t e s t s  of a variety of del ta  wings including blunt- and 
sharp-leading-edge wings, dihedraled wings, and wings of 600 and 
75O sweep angles a t  Mach numbers of 6.8 and 9.6 i n  air and 17.8 i n  
helium have indicated the following conclusions: 

1. Spanwise pressure distributions a t  very low angles of attack 
are i n  agreement w i t h  boundary-layer-displacement pressures, whereas 
at  high angles of attack the distribution correlates w i t h  a cross-flow 
distribution of pressure. 
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* 2. Extreme changes i n  the flow f i e l d  over de l ta  wings occur with 
variation of angle of attack. 
inward flow, whereas at  high angles of attack the flow i s  outward from 
the center of the wing and off the leading edge. 
itself i n  the sense of airflow direction becomes a t r a i l i ng  edge a t  high 
angles of attack. 

A t  l o w  angles of attack there i s  an 

The leading edge 

3. The heat t ransfer  t o  de l ta  wings has been found t o  be amenable 
t o  simple analytical  approaches which take into account the flow pattern 
peculiar ' t o  the angle-of -attack range under consideration. 

Langley Research Center, 
National Aeronautics and Space Administration, 

Langley Air Force Base, Va.,  March 12, 1962. 
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(a) a' = -1.00. (b) a' = 4.0'. 

(c )  a' = 9.00. (a) a' = 14.2'. 

(e) a' = 18.90. L-62-4-8 (f) a' = 29.9'. 

Figure 3. - Side-view schlieren photographs of blunt-leading-edge, 75O 
swept delta-wing model IV at & = 9.6. 



(a) a' = 1.1'. (b) a' = 6.8'. 

(c)  a' =.16.6'. (d) a' = 28.40. 

(e) a' = 9.0'. (f) a' = 47.30. 
L-62-49 

Figure 4. - Side-view schlieren photographs of blunt-leading-edge, 60° 
swept delta-wing model V at I& = 9.6. 
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Figure 5.- Shock-wave-angle correlation for delta-wing models. & = 9.6. 
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Figure 6.- Spanwise dis t r ibut ion of pressure and r a t i o  of heating t o  
theoret ical  laminar heating on center l i ne  fo r  s t r i p  theory. 
Delta-wing model I (A = 750, r' = Oo, sharp leading edge) at  
I& = 9.6 and Rc = 0.6 X 106. 
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Figure 6 .  - Concluded. 
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Figure 7.- Spanwise dis t r ibut ion of pressure and r a t i o  of heating t o  
theore t ica l  laminar heating on center l i ne  for s t r i p  theory. 
Delta-wing model I1 (A = 7 5 O ,  
M, = 9.6 and R, = 0.8 X 106. 

I' = l3O, sharp leading edge) at  
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(d) a' = 28.5O. 

Figure 7. - Concluded. 
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Figure 8.- Spanwise dis t r ibut ion of pressure and r a t i o  of heating t o  
theoret ical  laminar heating on center l i ne  for s t r i p  theory. 
Delta-wing model 111 (A = 75O, 

= 9.6 and Rc = 1 X lo6. 
r = 260, sharp leading edge) at  
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Figure 8.- Continued. 
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Figure 9.- Spanwise dis t r ibut ion of pressure and r a t i o  of heating t o  
theoret ical  laminar heating on center l i ne  fo r  s t r i p  theory. 
Delta-wing model N (A = 75O, 
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Figure 10.- Spanwise d is t r ibu t ion  of pressure and r a t i o  of heating t o  
theore t ica l  laminar heating on center l i n e  for s t r i p  theory. 
wing model V (A = 60°, 
and 

Delta- 
P = 13O,  blunt leading edge) at  & = 9.6 
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model VI11 (flat, sharp leading edge, A = 750) at M, = 9.6. 
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Figure 14.- 
bfht, 

V’VLE 
( c )  a = 70°. (g) a = 30°. 

Spanwise dis t r ibut ion of pressure on delta-wing mode 
sharp leading edge, A = 7 3 O )  a t  & = 6.8 and 9.6. 
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Figure 15.- Spanwise dis t r ibut ion of pressure on delta-wing model VI11 
( f la t ,  sharp leading edge, A = 7 5 O )  at M, = 9.6. 

d 



62 

c 

%a 

Figure l6.- Theoretical minimum angle of attack for outflow at  leading 
edge of flat, sharp-leading-edge de l ta  wings. 7 = 7/5.  
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Figure 20.- Comparison of oil-flow trace angles with theoret ical  flow 
angles outside the boundary layer f o r  a 26O dihedraled, sharp- 
leading-edge, 75O swept de l ta  wing at  a' = 2 7 O  and M, = 9.6. 
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Figure 21.- Comparison of center-line heating with theory fo r  de l ta  
wings I and V I 1  (flat, sharp leading edge, A = 75') at M, = 9.6. 
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ERMTA 

NASA Technical Memorandum X-688 

INVESTIGATION OF €EAT TRANSFER AND 
PRESSURES ON HIGHLY SWEPT FLAT AND DIHEDRAL23D DELTA WINGS 

AT MACH NUMBERS OF 6.8 AND 9.6 AND 
ANGLES OF ATTACK TO 90° 

By James C.  Dunavant 
June 1962 

Page 7: 

In se r t  t he  following paragraph after the  f irst  paragraph i n  the  sect ion 
labeled "Heating. 

"Heat t r ans fe r  coef f ic ien ts  w e r e  calculated by use of the  measured 
model w a l l  temperature. 
temperature of about 7 5 O  or 800 F. 
t o  s t a b i l i z e  tunnel flow conditions, t h e  model w a l l  temperature a t  most 
thermocouple s t a t ions  rose less than 300 F. 
when the  heating w a s  pa r t i cu la r ly  severe ( f o r  example, the  thermocouple 
nearest  t he  vertex of Model V I 1  a t  90' angle of a t t ack ) ,  t h e  wall  tem- 
perature rose 800 F before the  aerodynamic heating w a s  measured." 

The model w a s  cooled between each t e s t  t o  a 
During the  2 t o  5 seconds required 

However, i n  a f e w  instances 

Page 68, f igure  21: 

Interchange the  l abe l s  "Model I" and "Model V I I "  i n  t he  key above the  l i s t  
of x/c s ta t ions .  

Pages 70, 71, and 72, f igures  23 and 24 should be replaced with attached revised 
f igures  : 

I n  these two f igures  the  Stanton number, 
t o  an incorrect  value of t he  theo re t i ca l  Stanton number f o r  cross-flow 
theory, 

ber ra t ioed  t o  the  theo re t i ca l  Stanton number corresponding t o  t h e  
Stanton number of f igure  21 labeled "Cross-flow theory (Pressure behind 
shock p a r a l l e l  t o  wing)." I n  addition, some of t h e  symbols a t  s t a t ions  
X/C = 0.83 and 0.97 
corrected i n  the  new figures. 

Nst, w a s  inadvertently ra t ioed  

The corrected f igures  23 and 24 have the  Stanton num- '. 
-3 (NSt)Th. 

of these two f igures  were incorrect  and have been I 
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